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'+ PERFORMANCE POSSIBILITIES OF THE TURBOJET SYSTEM
AS A POWER PLANT FOR SUPERSONIC AIRPLANES

.By George P. Wood
SUMMARY

The performance of hypothetical turbojet systems, without thrust
augmentation, as power plants Ffor supersonic airplanes has been
.‘calculated. The thrust, thrust power, air-fuel ratio, specific Tuel
consumpticn, croga—-sectlional atrea, and thrust coefficient ars shown
for free—sgtream Mach numbers from 1.2 to 3. For comperison, ths
performance of ram-jet systems over the same Mach number range has
also beén calculated. :

For Mach numbers between 1.2 and 2 the calculated thrust
coefficient of the turbojet system was found to be larger than the
estimated drag coefficlent, and.the specific fusl consumption.was
celculated to be considerably less than the specific fuel consumption
of the ram—jet system.- The turbojet system therefore appears to
merlt consideration as & propulsion method for fres—stream Mach
numbers between approximately 1.2 and 2.

* INTRODUCTION

¥

The National Advisory Committee for Aeronsutics bas issued
several papers that present analyses of the performence possibilitles
of Jet engines. In references 1l and 2, for example, calculations of
the performance of compressor—turbine Jet—propulsion, or turbojet,

. systems cperating at subsonic airplane speeds are given. In
reference 3 results of an investigation of the performance of
continuous-flow rampcompression Jet-propulsion, .or ram-jet, systems
propelling alrcraft at supersonic speeds are presented.. The question
naturally arises as to the potentialitiles and the limitations of the
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turbojet system as & power plant for &j@lanes at supersonic speeds,
The results obtalned from anslyses of the turbo:}et system operating
at subsonic speeds, however, cemmot be expedted to glve quantitative
information about the performence of the tur'bojet gystem operating at
supersonic epoeds. Because of the difference in the compressilon
evailable from the forward speed, the optimum blower compression
ratio f'or opsration at supersonic speeds, for example, may be qulte
dlfferent from the ratio for operation at subsoniec spoeds.

The purpose of tho present paper is to report an analyticel
investigation of the turbojet system &s & meens of propelling
alrplanes and missiles at supersonic speeds.

A comparison of the performances of the turbojet and the rem-jet

systems at supersonic free-streem speeds is also glven herein., These

two systems differ in three inhsrent cheracteristics that-affect '
thelr performance-as power plents, namely, maximum fluld temperaturs,
meximm fluld pressure, and maximum ¢ross-sectlonal area. The

maximm fluid temperature that can be used in the turbojet system is -

limited by the mechenical properties of the turbine bledes, The

ram-Jot system, however, has no turbine, and higher maximum fluid
temperatures can therefors be used. The meximum fluid pressure in
the ream-Jet system 1s limited to the pressure obtainable from ram,

The turbolet eystem, however, hes & mechanical compressor, and higher_

maximum fluld pressures ocan therefore be used. The cross-sectional

area of the combustion chember in the ram-jet system is greater than

in the turbojet system bocause of the smaller density resulting from
less compression. The turbojet system, however, hos a comprossor and
e turbine, the cross-soctional areas of which may exceed the cross-
sectional arsa of the combustion chamber., In the present paper the
effects on performence of the differences in maximum temperature,
maximm pressure, and maximum cross-sectional eree sre shown,

The scope and the limitetions of the present paper should be
undersgtood. Answers are glven to the gquestlions as to whether the
turbojet system has a high enough thrust coefficient and a low enough
specific -fuel consumption to merit any consideration as a means of

supersonic-airplane propulsion. The effects of augmentation of the

thrust of the turbojet system by means of injection of additional

fuel behind the turbine, which is sometimes called afterburning, sre '

not considered. Thrust eugmentation might be used for flight
conditions in which additional thrust is needeod, but an ana)ytical
study of thrust sugmentation is too exteneive :f‘or inclusion herein,

The present paper, mrthermore , considers only ths performance
of power plants and does not consider the performence of complete
airplanes that ars to be propelled by these power plants. As far as
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the problem.-of choosing-between the turbojet. and the ram-Jjet methods
of propulsion is concerned, the present paper therefore “glves. only a
part of the information that is required for meking e choics, ’
Additionel information of & character different from that given herein
is needed for making a choice of power plent for en. airplane thet
would meet & given set of specifications as to spoed, range, and
cargo cepacity. This information should include the.rate of air
induction (sdime of the results presented herein are given in terms of
rate of flow of inducted air), the altitude of level flight, the
egtimated weights of the tur'bojet and the ram-jeot systems, and.
whether the airplene must lend at the end of the :E‘llght or is to 'be
uged as & flying bomb, . .

The symbols used herein are defined in appendix-A end the
analysis end method of calculation are given in appendix B,

DESCRIPTION OF PROPULSION SYSTEMS AND
ASSUMPTTONS OF COMPONENT PERFORMANCE |

The turbojet system considered. herein is represented. in:
figure 1(a). Air enters the diffuser at supersonic speed and ig
delivered to the mechanical compressor at subsonic speed, After the"
air leaves the compressor, the alr and fuel burn in the combustion
chanmbor, Thse combustion products drive the turbine end then are -
ejected through the exhaust nozzle,

In the present paper only hypothetical. components of the system,
&s distinguished from production units, were considered. Certain
agsumptions were mede as to the perforxre.nce of each component. Two
types of supérsonic diffuser werc assumed., One of these types was
the fixed-geometry diffuser, which was termed "Diffuser A." The
performence of the fixed-geometry diffuser that was uscd 'in the
present paper is shown by the dashed curve of figure 2. The ratlo
of total pressures escross the diffuser is 0.9 for free-gtrcam Mach _
numbers from 1.2 to 1,5 and decreases rather rapidly, ss Mach number
is increased ,tc & value of 0.33 at o Mach number of 3, The. part of
the curve between Mach numbsrs of 1,6 and 3 is the theorstical ratio
of total pregsures across & normal sghock that occurs at free-stresm
Mach number. This diffuser performance is essentially thet obtained
in ths experimental investigation of fixeod-geometry d.iffusers '
reported in reference k4.

The other type .of dif.f.‘user, which was termed “Diffuser B " wvas
epsumed to give the totel-pressure ratio shown by the solid curve of



s o NACA RM No,.,L’{HQ‘ja___'

S -

figure 2. The total-pressure , tio of this diffuser was assumed %o.
be alao 0,9 for free-streem Mach numbers between 1.2 and 1.6 -and to °
decrease linearly to.-a value of 0.75 et & Mach number of 3. The
performance shown by the solid curve cen perhaps be obtained by '
variable-geametry diffusers or by diffusers of the type described

in references 5 and 6.

The compressor in the turbojet system was assumed to have an
efficiency of 85 percent, Verious compression ratios were assigned
to the compressor. The cross-sectional area of ths compressor was
obteined by assigning a valus of 0,4 to the Mach number &t the
entrence to the compressor end a value of 0.6 to the hub-tip diameter
ratio of the oompressor. Burning in the combustion chember was
assumed to be 100 porcent complete and to occur in a frictionless
channel of constant cross-sectional area, The initial air veloclity
in the combustion chamber was set at 250 feot por second. Lossocs of
total pressurs in the combustion chembor due to tho addition of heat
to a compressible fluid wore taken into account

The total, or stagnation, temperature at tho entrance to tho

turbine was sot at 1500° P for most of the calculations. The over-all '

efficiency of the turblne was essumed to be 85 percent. The cross-
sectional area of the turbine was obtained with tho assumptions that
the turbine was of the single-stege, axial, lmpulso type with full
admisgion, that the flow through the blades was frictionless, that tho
absolute exit velocity from the blades wesg in the axiel dirsction,
that the nozzles were at an angle of 15° to. the plane of the vwheel,
that the turbine developed -just the amount of power required to
operete the compressor at any given compression ratio and free-streem
Mech mumber, and that the hub-tip dismster ratio wes 0.7. These
essumptions gave peripheral speods that exceeded 1350 feet per

second in only & few cases. Co i

The' efficiency of the exhaust nozzle was assumod to be
100 percont. Thrust was calculated with the assumption that the
nozzle was so deslgned that the oxheust fluid expanded to Prec-
streem statlc pressure at the nozzle exit. |

The ram-Jot system consldered herein is represented In
figure 1(b). -Alr enters the diffusor af supersonic speed, 1s
delivered to the combustion chamber at subsonic speed, is burned
with fuel in the combustion cheimber, and then is ejected through the
exheust nozzle,

The two diffuser performence curves (fig, 2) that were usod in
tho calculationg for the turbojet system were also umed in the
calculations for the ram-jet system. Tho Mach nunber at the entrance
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to the combustion.chember wes varied upward from 0,2, Burning in

. the combustion chamber was assumed to be 100 percent complete and

ea

to occur 1n a frictlonless chennel of constent cross-sectional
area, ILosses of total pressure in the combustion chember dus to the
addition of heat to & compressible fluid were taken into account.
The efficiency of the exhaust nozzle was assumed to be 100 percent,
Thrust was calculated with the assumption that the exhaust fluid
expanded to free-streem static pressure at the nozzle exit.

) - LA
. v 7. £ RESULTS AND DISCUSSION

~

All the results preseonted ere for operation in the stratosphers,
that is, in the isothermal region that beglne at an eltitude
of 35,332 feet. The results for the turbojet system that are .
discussed in detail are all for a total tomperature at the turblne
entrancé of 1500° F, A.fev ciirves for temperatures of 12000 and
1800° ar¥e also included. .

Thrust and. Air-]ﬁ.xel Re.'blo

The thrugt developed by the turbojet system per pound of air
per second is shown in figure 3(a) as & Pfunction of the freec-gtream
Mach number. Curves are given for compression ratios of 2, h, 6, 8
and 10, The curves show thet, for compression ratios of 1 and
higher, the thrust decreases rapidly e8 Mach number 1s increased
above 1,2; -For & compression ratio of L4 the thrust becomes zerc at
a Mach number of approximetely 3, As the compression ratio is
increased above 4, the Mach number at which the thrust venishes
decreasges, Xor a compreseidn retio of 10 the thruat.is zero at a
Mach nunber of sbout 2.4, At Mach numbers between 1.2 and 1.6, o
compression ratio of 2 produces essentially the same. thrust as
thet produced by higher compression ratios., At Moch numbers greater
thon 1,6 a compression ratio of 2 produces more thrust than that :
produced by higher compression ratios,

The foregoing results ars 'd.ue principally to the fact that a
limit has been placed on the moximum temperature that the fluid cen
have in the turbojet system end to the value set for that limit. At
the smaller Mach numbers shown in figure 3(a) the Seuperature rise
due to ram-and. to mecHenicel compression is small enough to allow a
large amount of fuel to be burned per pount of air before the
limiting temperature of 1500° F is reached, At the largér Mach
numbers shown in figurs 3(a) s however, the temperature rise dues to
mechanical compression in combination with the temperaturs rise due .
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to ram brings the alr temperature so close to the limit that
relatively little fuel can be burned. Air-fuel ratios for the
various compression ratios are shown in figure 4, At a Mach number
of 1.2 the air-fuel ratio is 56 for a compression ratio of 2.
Increasing the compression ratio to I increases the air-~fuel ratio
only to 63. At a Mach number of 3, for e compression ratic of 2 the
air-fuel ratio ig 126, but for & compression ratio of L4 the air-fusl
ratio is 280. At the hi gher Mach numbers, therefore, littls or no
thrust is developed by the turbojet system. The thrust produced by
a propulsive system is derived from the burning of fuel., IfFf little
fuel can be burned per pouncl of air, then little or no thrust can be
developed,

The thrust of the ram-jet system is shown in figure 3(b) for
air-fuel ratios of 30, 40, and 60, these air-fuel ratios remeining
constent with Mach mumber. It should be remémbered that since there
is no turbine there is nd limiting meximum femperature. - At & Mach
number of 1,2 the air-fuel ratio of the turboJjet system with a
compresgsion ratio of 2 18§ very close to 60, and the thrust devoloped
by the two systems can thereftre be compa.rod. &at the air-fuel ratio
of 60 at & Mach number of 1,2, The thrust of the turbojet system is
42 pounds per pound of air per second and of the ram-Jet system
is 25 pounds per pound of air per second, As the free-stroam Mach
number is increased, the thrust of the ram-Jet system does not
decrease repidly, as does the thrust of the turbojet system, but,
with diffuser B, increases, at least up to a Mach number of 3.

Throughout the present paper 1t has been assumed. that the com—
bustion chembers esre of constant cross-sectional area. The cross—
seotional area of the combustion chamber in the ram—Jet system is a-
raether importent -guantity., "~ In the first place, the thrust coeffi-
clent of the ram—Jjet system is based in the present paper on the
combustion~-chamber area, In the second place, a loss of total pres-
sure occurs when heat im added to a compresalble fluld in a constant-
ares cambustion chember. ‘The loss of pressure is — other factors
being constant - a functlon of the Mach number of the fluid at the
entrance to the combustion chember, which in turn is a funotion of
the cambustlon-chember arss. In the third place, the Maoch number
at the ccuwbustion~chamber entrance must be below a certain meximum
value if choking in the combustion chamber is o be avolded. Thus,
the curve for an ain-fuel ratlo of. 30-in Figure 3(b) does not extend
down to a Mach number of 1.2 but ends at a Mach mumber of 1.4 because
of chokling in the combustion chember. As is well known, when heatb
is added to a campressible fluid in a constant-area passage, the
fluid accelerates and the local Mach number inoreases along the
passage, The Increase in Mach number depends upon the initial -
enthalpy, the initial Mach number, and the amount of heat added
(or fuel burmed) per pound of air. If the initial enthalpy is
low enough, or the initial Mach number is high enough, or enough

[
’
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fuel is 'burned, a final Mach number' of unity 1s reached at 'the exit
end of the combustioh chember and choking occurs. Figure 3(b) is
based on combustion chambers of such oross-sectionsl areas that the
Mach number of the alr as it enters the combustion chamber is 0,20,
This Mech number is low enough to avold choking for air—-fuel ratics
of 40 and 60 but choking does occcur for an air-fuel ratio of 30 at
a free—s’cream Ma,ch num'ber of 1.4, .

Curvee for combustion-chmnber entrance Ma.ch numbers of 0.25
and 0,30 arc shown in Ffigure 3(c). ' The Pact that some of these -
curves also end et free-strsam Mach. numbers greater then 1.2
indicates choking in the cowbustion chamber. Comparison of
figures 3(b) and 3(c) shows. that, if choking does not occur, the
combustion-chamber entrence Mach number has very lit'ble effect on the
thrust developed by the ram-jetb eystem.

'I.‘hrust Power

The thrust power d.eveloped by.a jet-propulsion system is , ata
given Mach number, proportional.to tho thrust force developed by
that system. The same significant results therefore can be obtained
from & plot of thrust power that cen be obtailned from & plot of
thrust, Nevertheleass, as a matter of information, the thrust power
developed by the systems under consideration has been plotted. The
variation with free-stream Mach number of the thrust powsr per pound
of air per second of the turbojet system is shown in figure 5(a),
For a constant value of compression ratio, as Mach nurmber is increassd
above 1,2, the thrust power rises to a meximum value end then
d.ecreases. The existence of & maximum is due to the fact that 'bhrust
povwer 1s proportional to the product of two quantities, of which one,
thrust, decreaeses as Mach number is increased, and the other,
free-stream speed increases as Mach number is increased,

Thoe variation with free stream Mach number of the thrust power -
per pound of air per second of the ram—,jet system 1s shown in
Plgure 5('b) : .

Specific Fuel Consumption

Specific fuel consumption computed &s pounds of fuel per hour
per pound of thrust is shoyn in figure 6(a) for the.turbojet system.
For a compression ratio of .2 the gpecific fuel consumption remnins °
at values near 1.4t for all Mach numbers. between 1.2 and 3,0 if
diffuser B 1s used, With diffuser A the speeific fuel consumption
increases rapidly at the higher Mach numbers. At Mach numbers of
about 1.2 to 1.6 the specific fuel consumption is decreased as the
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compression ratio is increased, at least as far as a compression
ratio of 10, For compression ratios of 6 and higher, however, the
specific fuel consumption begins to increase vepidly at a Mach
number . of about 1.8 and reaches very high values at Mach numbers
_between 2.0 and 3.0,

The specific fuel consumption of the rampjet system is shown
in figure 6(b). For air-fuel ratios from 30 to 60, the specific.
‘fuel consumption of the rem-jot system is cons*derably greater then
" that of the turbojet system at Mach numbers between 1,2 and 2.0, At
Mach numbers between 2,0 and 3.0 the specific fusl consumption of
the ram-jet system either is approximetely the same as or is less
than that of the turbojet system. On the basis of specific fuel
consumption, therefore, the turtojet system shows a decilded
superiority over the ram-jet system at Mach numbers between 1,2 - R =
and 2,0,

Specific fuel consumption computed as pounds of fuel per thrust
horsepower-hour is shown for the turbojet system in figure 7(a). At - ] .
a free-stream Mach number of 3,0 a compression ratio of 2 gives =
lower specific fuel consumption. than higher compression ratios. As .
the Mach number is decreased, the compression ratic that gives the | o
lowent specific fuel consumnt*on increases. _Thus, at a Mach number
of 2.0 a compression ratio of 6 gives & lower specific Ffuel
consumption than any othor compression ratio., At a Mach number L
of 2.0, however, the difference between the specific fuel consumptims
of systems with compression ratios from 2 to 10 is very small, At a
Mach number .of 1.2, however, a compression retio of 10 gives a much
lower specific fuei consumption than e compression ratio of 2 but
only a slightly lower specific fusl consumption thean a compression
ratio of -

The curves for the various compression ratios show that qulte
low values of specific fuel consumption are, at least theoretically,
attalnable in the supersonic turbojet system. At a Mach nuuber
of 1.2 the minimum specific Ffuel congumption shown im 0,46 pounds
per horsepower-hour, at a Mach number of 2.0 it ig O, 32, and at a
Mach number of 3,0 it is 0,26, These values are much 1ower than
those attainable at present with a comnventional engine-propeller
system at subsonic airplene speeds,

As has been shown in the section entitled "Thrust and Air-Fuel-'
Ratlo," as the frec-stream Mach number is increased the thrust of the -
turboJet system with the higher values of compression ratio decroages '
rapldly to zero. Correspandingly, as the thrust approaches zero, the
specific fuel consumption of the systoms with the higher values of
compression ratio increases rapldly.
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In figure T7(Db) the specific fuel consumption of the ram-jet
system is shown for comparison with thet’of the turbojet systém.
The specific fuel consumption of the ram-jet system is. shown to be
much greater than that of the turbojet system at & Mach number
of 1.2, The difference.between.the specific fuel consumptions of
the two systems decreases as the Mach number is ineoreased. At a
Mach number of 3.0 the specific fuel consumptions of the ram-jet
system and of the turbojet system with & compression ratio of 2
are about the same. . .

- Cros's--Sectionall Areas -

Cross-sectional areas that are of interest are the fres-stream
area of the inducted air, the total arse of the compressor, the area
of the combustion chamber, the total area of the turbine, and the
area of the exhaust-nozzle exit. The free-stream cross-sectlonsl
area A, of the inducted @ir, which 1s the same as the air-inlet

area of a diffuser of the type shown in figure 1, is glven in .
Tigure 8 for various aeltitudes. Although the area Ay is not

inmportant in itself, all plots of other areas are given in terms
of Ay and not in terms of Wy in order that a single curve will

apply at all altitudes in the stratosphere and that therefore it will
not be necessary to show a different curve for each altitude as is
done in figure 8. -

The ratio of the compressor total area A, to Ay is shown in

Tigure 9. Figure 9 applies to all the turbojet systems -considered
herein, that is, to all compression ratios, all values of maximum
temperaturs, end &ll sltitudes in the stratosphere. Figure 9 was
plotted on the congervative basis of compressor entrance Mach number
equa.16to 0.4 and compressor entrance hub-to-tip d.iameter ratio equal
to O

The ratio of the com'bustion-cham‘ber area. Ag; to Ag 1is shown

in figure 10, Figure 10(a), for the turbojet system, was prepared

on the basls of combustion-chamber entrance velocity equal to 250 feet
per second. Figure 10(b), for the ram-jot system, was propared for
combustion-chamber entrance Mach numbers of 0.20, 0.25, and 0,30,

The ratio of the total cross-sectional area of the turbine Ap
to Ay "is shown in figure 11. Figure 11 was prepared ‘on the N

assumption that the turbine was a single-stage impulse type with a
hub-to-tip diameter ratio of 0.7. The curves for the higher
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compression ratios were not extended to the larger values of Mach
number, beceuse single-stage turbines would not be sufficient in
this region unless thelr peripheral speeds exceeded I350 feet per
second, The curves for the Higher values of compression ratio .
actuelly are not needed in the region of large Mach numbers, because
the thrust decreases rapidly to zero in that reglon. The
assumptions used heoreln for calculating turbine arees are
conservative and lead to rather large turbine areas for the lower
values of the compressor compression ratio, ILess conservative
egsumptlions could give considerably smaller areas. -

Tor a compression ratio of 2 the turbine areas ares much larger
than the compressor areas. For a compression ratio of 4 the turbine
areas are somewhet larger than the compressor areas. TFor & ]
compression ratio of 6 the turbine and compressor areas are very
nearly the seme.  For compression ratios greater than 6 the area of
the compressor isg greater than the area of thc turbine.

The ratlo of exhaust-nozzle oxlt, ‘or maximum, aree Agyiy
to Ap 18 shown in figure 12, These areas were calculeted on the

agsumption that the exhapst fluid expandcd at the nozzle oxlt to
Freo~-gtroam static pressure.

Thrust Coefficlent

One of the most significant quantities. for showing the _
performence of a power plant is the thrust coefficiept. The data
on thrust and areas given in preceding figures have bcen used bo
obtain figure 13, which shows the varistion with free-stream Mach
number of the thrust coefficients of the turbojet system and, for
comparison, of the ram-jet system. The thrust coefficient CT is

defined as tho thrust divided by the product of froe-stream.dynamic
pressure and en areas. For the turbojet system (fig. 12(a)) tho area
that was used in calculating the thrust coefficient wes thu cross-
sectional: arsa of the ccmpressor or of the turbine, whichever area
wa.g 1arger. . = _ LD

Comparison of figures © and 10(a) shows that the cross-sectional
erea of the compressor is greater then that of the combustion chamber.
Comparison of figures 9 and 11 shows that for comprcssion ratlios of 2
and. 4 the cross- sectional area of the turbine is” grégtor than thaet of
the compressor, for a compression ratio of 6 the arcas of tHe turbine
and the compressor are very nearly the same, and for compression
ratios of 8 and 10 the aree of the compressor is greater than that of
the turbine. Comparison of Ffigures 9 and 12(&) shows that at Mach
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numbers less than 2.2 the area of the compressor is greater than
that of the exhaust-nozzle exit and that at Mach numbers of 2.2 and
higher the area of the nozzle exit is either approximately equal to
or greater than the area of the ¢compressor. Nozzle-exit arees,
however, ‘were not used in calculeting Cp. If, for a given set. of

conditions, the thrust of a jet system were calculated for various
nozzle-exit aread, the thrust would have & maximum value at the

. nozzle-exlt area that expanded the fluid to the ambient pressurs.
There 1s a large variation in .the nozzle-exit area that gives almost
maximum values of thrust, however,. and not much thrust is sacrificed
by using exit areas considersbly smaller than the exit area that

© gives maximum thrust, - (See reference 3.) XFor the purposs

of reduction of external drag, supsersonic Jet power plants

would undoubtedly use exhaust nozzles the exit areas of which wore
no greater than the maximum aree of the rest of the power plent.

The thrust coefficlents shown in figure 13(a) cen therefore be
considered to be based on meximum cross-sectional areas.

The thrust coefficlents of the turbojet system with high
compression ratios are large et the smaller values of Mach number
shown in figure 13(a). The thrust coefficlents decrecse rapidly to
zero as the Mach number 1s increased because the thrust decreases
rapldly to zero. At the smaller values of Mach numbser the thrust
coefficlents for the lower compression retios are much less then for
the higher compression ratios because of the large turbine cross
sections thet are required with low compression ratios at the smaller
Mach numbers. - * :

No detalls are given in the present paper of the oxtermal
deslgn of the housing, or fuselage, of the turbojet system, such as
the wedgs angle of tho leading edge of the air inlet, the length of
the fuselage, or the smoothness of the fuselage surface; accordingly,
no precise estimete of the drag of the hcusing is attempted. At a
given Mach mumber the drsg due to shock depends on the wedge angle,
and the drag due to friction depends on the smoothness of the surfeace
and on the Reynolds number behind the shock. This Reynolds nwmbor
in turn depends on thée wedge angle, the fuselags length, and the
altitude, The drag coefficient of the system based on maximm
cross-sectional aree cen, however, be roughly estimated to be 0.15.
This velue of drag coefficient can be compered with the thrust
coefficients ghown in figure 13(a). The thrust cocfficients are
seen to be adequate with low or high compression ratios at the
smaller Mach numbers end with low compression retios &t the larger
Mach numbers. ' - .. )

The thrust cocfficients of the ram-Jjet system are shown in
figures 13(b) and 13{c). These coefficients are based on the cross-
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sectional area of the cambustion chamber. (See fig. 10(b).) The
thrust coefflclents generally far exceed the estimated drag
coefficient.of 0.15. - The thrust coefficlents of the ram-Jet system
are generally greater than those of the turboJet system at the

larger Mach numbers. The thrust coefficients of the ram-—jet system
with diffuser A were calculated for the seme kind of diffuser that
was assumed Iin part of the analytical studies of reference 3.
Diffuser B is much more efficient at the higher Mach numbers than
diffuser A and results in much larger values of the thrust coef-
ficient at the higher Mach numbers. The large difference in the
thrust coefficients with the two diffusers is due piincipally to
differences.in the area of the combustion chamber. (See fig. 10(b).)
Comparison of figures 13(b) and 13{c) shows also that an appreciable
gein in thrust coefficlent 1s obtained by making the Mach number at
the entrance to the combustion chember as large as possible. The
Mech number at the entrance to the combustion chamber is made larger
by decreasging the cambustion-chember area, -and the resulting increase
in thrust coefficient is due to the decrsase in combystion~chamber
area.

Maximum Témperatufe

v

The curves showing the performance of the turbojet system were
calculated wlth the use of a maximum fluid total temperature of
1500° ¥ at the entrance to the turbine. The fact that a maximum
limiting temperature is necessary in the ‘turbojet system has a large
effect on the performance of the system, particularly in that a
maximum tempsrature causes the thrust of the system to became zero at
some value of free~stream Mach number in the neighborhood of 3. In
gubsonic turbojet systems some variation of maximum temperature
from 1500° F does not have a very lerge effect on the performance of
the system. TFigures 1lh and 15 are presented for theé supersonic
turboJeb system with diffuser A, with a compression ratio of 4, and
with maximum temperatures of 1200°, 1500°, and 1800° F. Figure 1k
shows the variation in the free~stream Mach number at which the
system develops no thrust, and figure 15 shows the variation in the
free—stream Mach number at which the specific fuel consumption reaches
a2 minimum and begins to incresse rapidly.

" 'CONCLUDING REMARKS

The performance of hypothetical turbojet systems of propulsion
of supersonic airplanes has been calculated for free-stream Mach
numbers from 1.2 to 3. For comperison, the performence of the ram-
Jet system has also been calculated for the same range of Mach number,
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At Mach numbers between l.2 and 2 the calculated thrust coeffieient
of the turbojet system was found to be greater than the estimated
drag coefficient. As Mach number 1s increased the thrust coefficiemt
of the system with a compression ratio.of 6 or more rapidly
decreases and reaches zero at Mach numbers between 2 and 3. At Mach
numbers between 2 and 3, therefore, only compression ra'l;ios less than 6
should be considered.

At a Mach number of 1.2 the specific fuel consumption of -the
turboJet system is much less than that of the ram-Jet system with
comparable thrust or thrust coefficient. As the Mach number is
increased toward 2, the difference between the specific fuel
consumptions of the two 3ystems decreases. .ol

The fact that at free-stream Mach numbers between 1.2 :and 2 the
turbojet system has adoquate thrust coefficient and low specific fuel
consumption (comparcd with the rem-Jet system) means that the
turbojet system can logically be considered as a possible power plant
for supersonic alrplanss opsrating at those Mach numbers. The cholce
between use of the two systems should, of course, not be based :
solely on the fact that the apecific fuel consumption of the turbojet
system 1s lower than that of the ram-jet system. The turbojet
system 1s inhorently heavier than the ram-Jet system. For flights
of great enough time duration, howover, the combined weight of the
power plant and the fuel will be less for the turbojet system. .
Other factors than flight duration - such as the advantage that the
turboJut system may have at take—off,' in accelsrating to flight.
spesd, and in lenging - should also bo consideraed.

Langley Memorial Aeronautical Laboratory
National Advisory Committee for Asronautics
Lengley Field, Va.
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APPENDIX A
SIMBOLS

cross-sectional area, sq ft

totel cross-sectional area of compressor, sq ft
cross-sectiénal area of combuétion chamber, sq f4
croas-gectlional area of exhaust-noz.zl? exlt, sq £t
total cross-sectional area of turbine, sq ft

specific heat at cogstant pre'ssure, Btu/1b/°F

pOVO A

acceleration due to gravity, £t sec? (32.2)
static enthalpy, Btu/lb

total enthalpy, Btu/ib

mechonical equivalent of heat, £t-1b/Btu (778)
total-prossure ratlo across diffuser

Mach number

static pressure, lb/sq £t

total pressure, lb/sg £t

thrust power, hp

turbine power, ft-1lb/sec

campression ratio

gas constant, £t-1b/1b/°F abs. (53.5)

maximum totel temperature, °p
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T static temperature, °F abs.

Ty totel temperaturo, Or abs.

T thrust, 1n )

u peripheral spoed of turbine, ft/sec
v velocity, ft/sec

v, velght rate of flow of air, lb/sec
We | weight rate of flow of fuel, 1b/sec
a nozzle angls (angls between V5 and
4 ratio of specific heats

N - efficiency of compreséo;,

Np efficiency of turbine

0 | static mass density, slug/cu ft

oy total mess density, slug/cu £t
Subscripts:

0,... 7 stations,shown in figure 16

15
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APPENDIX B

AMALYSIS AND METHOD OF CALCULATION

Turbojet System

The stations that were used in the analyslis of the turbojet
system are shown in figure 14(a), The performance of the systen was
obtained for each set of values assigned to.the parameters. by
calculating tihe state of the working fiuld at each station.

At station 0, in the {res strean,

——eet

7-1

y -1 o
T, =T J.+7'1MO2 (2) .
o, : (3) -
We  8roVp _
Vo? = 7@RTQMo2 Ly, o

The diffuser is between stations 0 and 1. The function of the
diffuser is to recelve air of Mach number greater than unity from
the free stream and to deliver alr of Mach number less than unity
to the compressor with a minirmum loss of total pressure. The
computations were made for two types of diffuser. One type is the
fixed-geometry diffuser, & theoretical and experimental investlgation
of which was reported in reference b, The theory of reference &
takes into account the fact that the configuration of the diffuser
must be such that establishment of supersonlc flow inside the _
diffuscr can be effected. Ths establishment of supersonlc flow in
the converging part of the diffuser 13 generally precedwed, before =
design speed 1is reached, by a regime in which there 1l a bow wave
in front of the diffuser and subsonic flow in the converging section,
eg shovn in figure 17. The shock first moves up to the sntrance of
the diffuser, provided that the throat, or minimum section, of the
diffusor is large enough to accommodate the passage, at a Mach
number not greater than unity, of all the fluid contained beotween the

—
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dashed lines of figure 17. The shock then enters the diffuser,
passes through the throat, and is esteblished in the diverging
section,

The net result of these considerations is, however, that the
throat area cennot be much smaller than the entrance area, and
therefore 1ittle diffusion of the supersonic flow is obtainsble.
The minimum Mach number that can be obtained at the throat, according
to the results of reference 4, is shown in figure 18 as a function
of free-stresam Mach number. It i3 evident that the Mach number at
the throat is only slightly smaller than the free-stream Mach
number, For stubility, furthermore, the shock should occur not at
the throat but in the diverging section behind the throat., In the
diverging section the Mach number increases downstream, and the
shock that occurs in the diverging section must occur at & Mach
number that is greater than the throat Mach number and that
approaches free-stream Mach mumber. Losses in the subsonic part of
the diffuser contribute to the total loss between stations C and 1.
In figurs 19 the upper curve is thé theoretical ratio of total
pressurs across a normal shock that occurs at the minimum throat
Mach number shown in figure 18. The test-point symbols in figurs 19
are the experimentally obtained ratios of total pressure across the
diffuser, as given in reference &4, The lower curve is the
theoretical ratlo of total pressures across a normal shock that
occurs at free-strsam Mach number. The sxperimental polnts lle
close to the lower curve, This curve, which ls also shown in
figure 2, was uased herein as the performsnce curve of the fixed-
geometry diffusers (of the kind described in refsrence &) for free-
stream Mach numbers between 1.6 and 3.

The other type of diffuser for which computations were made was
assumed to give the total pressure ratio shown by the solid curve of
figure 2. -The diffuser performsnce shown by this curve can perhaps
be obtained with veriable-geometry diffusers or with diffusers of the
type. described in references 5 and 6, Both types of diffusers were
asgumad. to glve a pressure ratio of 0.9 et Mach numbers from 1.2 to
1.6.

Conditions at the entrance to the compressor (stetion 1,
fig. 16(a)) are given by squations (5) to (11) as follows:

+ .

Py, = Kpgy | (6)

4
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T = T"G - - . (7)

1 : - ' -
oy = . | (8

T-b . |
NEEN
2 _
V.2 = ygRT w2 : ' (10)
1 = 7&RI M,
A T i
1 L ,
i : (11)

.In the present paper, in order that the cross-sectlonal areas of the
compressors could all be calculated on the same basia, the
compressor-entrance Mach number M; was set at the same valus, 0.k,

for all compressors, that 1s, for all valuss of the compression
retio, The ratio of the hub dlameter to the total diameter of the
axlal-flow compressor was set at 0.6 for all compression ratios.

The totel cross-gectional area of the compressor A, is then 1.56A1.

Conditions at the exit from the compressor (station 2) are given
by equations (12) to (i) as Pfollows: :

Pt, = TP, (12)

H.t'l s “.-1'
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= —— (14)

A compressor efficlency of 85 percent was used in all the calculations.

The tempersture corresponding to a glven value of the enthalpy,
or the enthalpy corresponding to a given valus of the temperature, wes
found from the relation

T
= . 2 3
H =fo 0,47 = 0.239208T + (1.63& % 10—5>T + (1.10& X 10“9)T (15)

which was adapted from equation {3) of reference 7. Equation (15)
wrlitten wlth H'b and. Tt in place of HE and T gives the relation

between totsl enthalpy and total temperature, It should be noted
thet the enthalpy as defined by equation {15) and as used in the
present paper is based on a value of zero absolute enthalpy at zero
sbsolute temperature. Ratios of enthalyy frequently occur in the
equations given herein. In these equations, therefore, velues of
absolute enthalpy must be used and not values of relative enthalpy
basged on a zero of enthalpy abt some other temperature than absolute
2870,

The initial velocity in the combustion cheamber V3 was set

at 250 feset per' gecond., An lsentroplo change in flow ares betwee
stations 2 and 3 was assumed. Then :

P, = P, T (16)

Ets =_H’°2 | (17
Pty = %é | (l§)

The quantity Tt.3 is found by means of equation (15). Then

' YsBTt3 iy =1 : R

2
V3 2
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inesmuch as

= -Lly2
end . o
- v
M32 R _ {21)
76RT, |
Then
p't’ﬁ
°3 ~ ' (22)
-1
and o N -
A 1 -
3 !
— = (23) .
WB. gp3V3 '

Betwesn stations 3 end L combustion ocours, It is assumed that
enough fuel 1s burned to raise the total tempsrature at station 4 to
a meximum permissible va.lue. Three values of meximum {otal tempera~
ture Were used, 12009, 1500°, and 1800° F. The corresponding values
of are 406, 483, and 563. Btu per pound, respectively. In order
to sim%lify the calculations, the effect on the speoific heats of
the chenge in the chemlcal composition of the air when fuel is added
is not taken into account herein in the calculations for the turboJjet
system. Some degree of approximetion is therefors introduced. The
ratio of air to fuel 18, however, generally large in the turbojet
system,and the error introd.uced by the simplification is therefore
small.

In the combustion chambers in current use, rather large losses
of total pressure occour. Much of the loss is doubtless due to
changes in the shape and in the ares of the flow passages. Data
for satisfactorily caloulating these logses are not availeble. In
the present papexr the only loss in total pressure in the combustion
chember is assumed to be the loss due to the addition of heat to a
compressible fluid, For constant—-ares combustion the ratio of total
pressures at entrance and exit is a function only of the entrance
Msch number M, and the ratio of total enthalpies at entrance

end exit Ht3 ; H The total pressure at the ocmbustion-chamber
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exit; py, 1s given by equations. (24) 'and (25), in which there ave
only 'bwé u.rﬂmovms, M), end Pth ) _ .
l})
_ (24)

:ﬂ\e

(1 + 7M3>(l +

-1 L
Pt3 (1 + 7Mh>(l + = M32) 7—-1

2 rot M 2
Htll- M)-!i 1l + l' 1+ 7M3>

(25)
Mo 2)/. &+ M )2
3 i+ M3 + My
The air-fuel ratio is
W 19,000 ~ + Ht _ _
el Zoy 3 ' (26)

In equation (26) the value of the heat of combustion of the fusl
has been taken to be 19,000 Btu per pound.

Yor the purpose of caloulating the cross--sectional area of the
turbine, a number of mssumptions were made regarding the turbine.
These assumptions permit at least an approximate caloulation of the
area to be made. The turbine was assumed to be of the single-stage,
axial, impulse, full-admission type. Friction in the blades was
neglected. The velocity of the fluid with respect to the casing was
assumed to be in an axial direction at the exit from the blades.
(For friotionless impulse blades, this condition gives maximum
efflciency.) The power developed by the turbine is then

' = W, J -

W, ' o '
=-§-u@5 cos oc,-_-O) (27)
In equation (27) V5 1is the absolute velocity of the fluid after
the fluld has passed through the turbine nozzles and is entering the
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turbine blades, For friotionless impulse blades the wvelosity of the
fluid relastive to the blades 1s the same at entrance toand exit fram
the blades, and the absolute value of the angle between the reletive
velocity of the fluld and the turbine axils is the same at entrance
and oxli. Under the additional condltion that the absolute exit
veloclty from the wheel is in an axlal direction, the peripheral
veloclty of the wheel 1s then

=% -
w=z Vs 008 o | | (28}
Equation (27) can then be rewritten as
Py = WaJ<H;b'5 - H 6)
W.aa. 2 _ 2
= -é-é V5 cos®e (29)

The work done by the turbine, however, is assumed to be equal to the
work done on the coupressor

B~ Heg = Hyp = By (30)
Therefore
e v g )
Wa ! .. . .
- k2 2_.
gv5 _fyos o : 3 (31)

%J\__ta 1 )

- (32)
c08%, _
The nozzle angle « was assumed herein to be 15°, Equation (32) was
used to find Vs, and then equation (28) was used to Find the periph-

eval speed of the turbine u. So long as the value of u did not
exceed approximately 1350 feet per second, the present method of
caloulating turbine areas could be used. When the value of u
exaeeded 1350 feet per second for the higher values of oompression
ratlio at the higher va.lues of Ma.oh nunber, ocalculatlions of turbine
area were not.made.
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The Mach number at the entrance to the blades is given by the
following equation:

2 .
My® = (33)

The density is

p
ps = L ' (34)
2 L
2} y-1

The open ares at the entrance to ‘the blades in a radial plans is
glven by the following equatio;l:

1 : .
[T — (35)
5V5 sin o

s~ I

Under the assumption that the ratio of the hub diameter to the total
dlameter of the turbine wheel is 0.7, the total cross-sectional area
of the turbine Ap 1is 1. 96A5 :

At the outlet from the turbine (station 6) the total pressure is

' B, - 5 \7T
= Dy 1.5 _"% (36)

6 5 o,

A value of 85 percent was used for the turbine efficilency nT'

The static enthalpy H7 of the fluld after expeansion through a

100-percent~efficient exhaust nozzle to free-stream static pressure
is given by the relation
r=1
By [P0 \7
7
_—— (31)
H‘b6 Pt6
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Thers 18 a considera.ble difference betwaen H-t and H7 and

consequen-bly also between 7, and Vqe For 'bhe present caloulations
. the values of H7 were obtained from the tables of reference 7.

These tables glve the enthalpy changes assoclated with isentropic
pressure changes, Use of the tables eliminates much tedious
calculation or interpolation on a Mollier ochart and automatically
takes into account the variation of 7y between stations 6 and 7.
The tebles were computed for air, but in the turbojet system the
eir-fuel ratio 1s so high that neglect of the change in ¥ with
alr—-fuel retlio is Jusitified.

The veloclity of exit from the airplane is glven by the relation

2. EEJ(H-% - H-{) (38)

Tho thrust per pound of alr per sscond is

E =v7 -V +va7 (39)
v, g ?fas
The thrust power per pound of alr per second ls
P VAT
— = _, © (40)
Wa. 550Wa . .

From H7 and equation (15), TT is found. The exhaust-nozzle—
exlt area per pound of alr per second is then
1 RT
iT = e T _ (h'l)
' Wa. gp7V7 POV'T :

Rem~Jet System

The stations that are used in the analysis of the ram-Jet systenm
ere shown in figure 16(b). Conditions at station O in the free stream
are given by equations (1) to (L), The supersonic diffuser is between
stations 0 and 1, The diffuser performance of figure 2 was usged Ffor
the rem~jet as well as for the turbojet system. Conditions at the
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entrance to the combustion chamber (station 1) are given by eque—
tions (5) to (11). The Mach number at station 1 was set at 0.20,
 0.25, and 0.30. - |

Conditions at station 6 following combustion are given by
equations (24) to (26) with subscripts 1 end 6 substitubted for
subscripts 3 and b, respectively. Ailr-fuel ratios of 30, L0,
and. 60 were used in equation (26). Figures 20 and 21 were plotted |
by means of equations (25) end (2L4), respectively. The ratio Hy ¢ / :

is found. from equation (26), then Mg 1is found from equation (25) or
figure 20, then p, ‘ /ptl is found from equation (24) or fig—

ure 21, The conditions under which choking occurs can be readily
seen from figures 20 and 21. These figures also show that even
under choking conditions the loss of total pressure due to the
addition of heat 1s not very large.

1

The enthalpy chenge in the exhaust nozzle was calculated by
equation (37). The quantity ¥ in equation (37) was adjusted to
take into account the fact that the aln-fuel ratios for the rem—Jjet
system were smaell enough for the fuel to have an apprecieble effect
on the value of y. The effect on ¥ of the temperature change
between stations 6 and 7 was taken into account by estimating the
temperature at station 7, obbaining the corresponding values of 775

end then using the average of y, and ”q in equation (37).
Effects of dissociation and heat-capacity lag were negleoted.
Exhsust velocity 1s given by equation (38), thrust by equa~

tion (39), thrust power by equation (L0), and exhaust-nozzle exit
area by eguation (41).
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per horsepower-hour, as a function of
free - stream Mach number. Altitude, stratosphere.
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(b} Ram-jet system.Mz=0.2.
Figure 7.~ Concluded.
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Figure 8.= Air-inlet area per pound of arr per second
as a funcrror of free-strearm Mackh rivmber.
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Figure S.- Ratio of total cross- sectional area of
compressor of turbojet system to air-inlet area
as aq function of free-stream Mach number. Altitude,
stratosphere ; compressor entrance [Mach number, 0.4 ;
compressor hub - diameter ratio, 0.6 .
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(a) Turbget system. Combustion -chamber entrance

velocity , 250 feet per second.
Figure 10.- Ratio of cross -sectional area of combustion
chamber fo air-inlet area as a function of free- stream

Mach number. Altitude, stratosphere.
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(b) Ram - jet system.

Figure 10.- Concluded.
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(@) r=2 to 10.
Figure /l.-Ratio of total cross - sectional area of
turbine of turbqjet system fto air-inlet area
as g function of free -stream Mach number

_Altitude, stratosphere ; turbine hub -tip ratio, 0.7;
maximum temperature, |500°F.
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(b)‘r=2 and 4.

Figure |l.- Concluded. : -



NACA RM No. LTHOba Fig. 12a

2.8 T
/
Ny
.
2.4 ,/ 7
! 4 )
4/ /’
2.0 '/ I/ -, —
r 7Y
_ 7.7 / /
é 2 '\-‘{/ ] A . 4 P
/. i [ 7 / /
.~ <
A . . /,/ 7 /
A, 4///7 —
1.2 M
6 F——
s~
.8
---Diffuser A
— Diffuser B
4
NATIONAL ADVISORY
COMMITTEE FOR AERouA'u"rlcs
O 3 1 L
Lo L .8 2.2 2.6 3.0

Mo
@) Turbojet system. tmgx = I1500°F.

. Figure 12.- Ratio of exhaust —nozzle exit area to
aiF—inlet area as a function of free- stream
Mach number. Altitude , strotosphere.
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(b) Ram- jet system. M, = 0.20.

Figure 12—~ Continued.
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Figure 127- Concluded.

(c) Ram-jet system. M>=0.25and O.30.
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(@) Turbgjet system. Tigx = 1500°F.

F/'guré /3.- Thrust coefficient as a function of
free - stream Mach number. Altitude, stratosphere.
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(b) Ram - jet system. My=0.20.
Figure 13.— Continued.
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(c) Ram-jet system.[1,=0.25 and 0.30..

Figure 13.— Concluded.
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Figure 15.- Effect of maximum temperature on
specific fuel consumption of turbojet system.
Compression rotio, 4; diffuser "A.
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